This paper studies the application of an electric propulsion system for autonomous station-keeping of a remote sensing spacecraft flying at low altitude. The considered propulsion system exploits a Xenon propellant bus, which operates both a low power Hall effect thruster and a resistojet. The former is used for continuous in-track control, while the latter provides the impulsive thrusts necessary for cross-track maneuvers. The adopted navigation solution is based on an extended Kalman filter, employing gyro, star-tracker and GPS measurements. Lyapunov-based and proportionalderivative feedback laws are used for orbit and attitude control, respectively. The performance of the proposed electric propulsion system and guidance, navigation and control solution is evaluated on a low Earth orbit mission. 
This is mainly due to the intrinsic nature of the EP technology, which optimizes the high specific impulse performance accepting low thrust values in return. While the use of such technology on commercial geostationary satellites and deep space missions are widely discussed in the literature (e.g. [1] [2] [3] [4] [5] ), relatively few studies have been proposed for low Earth orbit (LEO) missions. Nevertheless, the EP capability of providing continuous thrust over several thousands of hours, together with the reduced propellant mass consumption, allows for accurate LEO station-keeping operations over sufficiently long duration missions. In this regard, the GOCE mission represents a breakthrough in space technology [6, 7] . Some recent studies have been focused on drag free spacecraft operations [8, 9] . Besides these challenging scientific missions, there are other classes of LEO missions that have a potential commercial interest, like Earth observation by means of small and cheap satellites. In [10] it is shown that high resolution imagery can be achieved, by using reduced-size optical mapping instruments, from altitudes of about 300 km and below.
Maintaining a given low Earth orbit traditionally requires frequent, ground-based control actions, in order to compensate for atmospheric drag and other perturbative forces. For small, low cost satellites, ground-in-the-loop control can be a dominant element of both cost and risk [11] . In addition, it is typically based on impulsive control schemes, which are strongly penalized by the large amount of delta-v needed for drag compensation, thus resulting in a limited satellite lifetime.
The combined use of new low power EP technologies and autonomous GNC techniques provides an effective way to address these issues. In particular, the use of a suitable electric propulsion system allows for significant savings on propellant mass and a consequent increase of the spacecraft lifetime. On the other hand, autonomous station-keeping provides reduced spacecraft operation costs.
The proposed combination of technologies enables a vast number of future low-budget observation missions, which could find a mass-market e.g. in cartographic applications.
In this work, we investigate the application of an electric propulsion system for autonomous station-keeping of a given low Earth orbit, performed by a 100 kg observation minisatellite that carries an electro-optical payload. The EP system is based on the same Xenon propellant bus, which operates a low power Hall effect thruster and a resistojet. The former features a high specific impulse and provides continuous low thrust in the tangential direction, while the latter generates a higher thrust level to perform out-of-plane impulsive maneuvers. This results in a hybrid continuous/impulsive control scheme. Attitude stabilization is addressed using three momentum wheels.
The control system is required to keep the spacecraft orbit within a maximum absolute distance of 400 m from a 228 km sun-synchronous, repeat-groundtrack and frozen reference orbit, while the required attitude control accuracy is 0.2 • . In order to meet these specifications, a suitable GNC system is presented. The navigation solution is based on an extended Kalman filter that estimates position and attitude of the spacecraft from the available gyro, star-tracker and GPS measurements.
A control law based on the Gauss variational equations (GVEs), suitably modified to account for the proposed thruster configuration and the large amount of atmospheric drag acting on the satellite, is used for orbit control, while a proportional-derivative feedback law is employed for attitude control. The reference mission has been simulated in order to validate the proposed GNC solution and to evaluate the performance of the hybrid propulsion system, in terms of achievable accuracy,
Hall thruster and resistojet operating regime and propellant mass consumption. An estimate of the mission expected lifetime, considering a given propellant mass fraction of 0.12, is found to be approximately 200 days.
The paper is organized as follows. In Section II, the reference mission considered in the paper is described, in terms of desired orbit and navigation requirements. In Section III, the dynamic model adopted for the spacecraft is presented, together with a description of the sensor and actuator characteristics. In Section IV, the guidance, navigation and control system developed for the proposed mission is illustrated. In Section V, results of numerical simulations are reported. In Section VI, some conclusions are drawn and future directions of research are outlined.
II. Reference mission
The objective of the reference mission is to maintain the nominal orbit and attitude of a small remote sensing satellite, with given accuracy and lifetime requirements, through a suitable autonomous GNC technique. In the following, details of the mission, navigation requirements, and spacecraft configuration, are provided.
A. Orbit and attitude
The reference mission orbit is a specialized sun-synchronous, repeat ground-track and frozen orbit, which is a common design for low Earth observation satellites [12] . The orbit is nearly circular, with an altitude of around 228 km, which corresponds to a 5 day ground-track repeat period. The initial orbital elements are derived by using a simplified J2 and J3 zonal harmonics analysis and refined through numerical simulations, ignoring all the periodic orbital perturbations [13] . Since the orbit is nearly circular, the eccentricity vector and mean argument of latitude replace the eccentricity, argument of perigee and mean anomaly. Table 1 shows the initial nominal values of the mean orbital elements for the chosen reference mission.
The reference orbit is defined in such a way that gravitational perturbations, which cause the sun synchronous secular motion ofΩ = 360
• /year, do not need to be counteracted. As a consequence, the propulsion system is activated only to compensate for non gravitational disturbances, by means of orbital elements control [14] . The dominant non gravitational perturbing forces on the reference orbit are due to atmospheric drag and resonance effects induced by the Sun. The most significant effects of these perturbations on the orbital elements are a constant decay in the semi-major axis, Right ascension of the ascending node Ω 10
• in the order of 300 m per revolution, and a minor secular inclination drift.
The spacecraft is nominally aligned with a Frenet frame along the orbit. This is a rotating frame centered at the satellite center of mass, and therefore it is not inertial. In this work, the X axis is always tangential to the orbit, aligned to the velocity vector of the spacecraft. The satellite is equipped with the set of actuators summarized in Table 2 . A 100 W class
Hall effect thruster [15, 16] is employed to compensate the secular variation in the orbit semimajor axis, caused by the in-track component of atmospheric drag. Simulation results indicate that the thrust needed to continuously counteract the drag force, for the considered mission scenario, is in the throttling range of such kind of thruster, and comparable to that required in similar missions, like GOCE (see, e.g., [7] ). A 30 W Xenon resistojet [17] provides out of plane impulsive burns to compensate for the cross-track component of drag, which is due to the co-rotation of the atmosphere with the Earth, and the sun-synchronous resonance effects on the orbit inclination and right ascension of the ascending node. This kind of design is basically a trade-off between the thrust efficiency and the limitations imposed by the satellite payload and available power. In fact, we can take advantage of the Hall thruster high specific impulse to reduce the propellant consumption for drag compensation, which is the dominant factor in the mission delta-v budget, while using a higher thrust, low-power resistojet to counteract smaller cross-track perturbations, at the price of a very low specific impulse. Moreover, a single propellant tank containing Xenon gas will be shared between the Hall effect thruster and the resistojet, resulting in a simplified satellite internal layout.
Finally, three momentum wheels produce the torques needed for attitude control. The spacecraft orientation is required to be aligned with the nominal attitude with a maximum absolute error of 0.2 • per axis. In order to assess the feasibility of the proposed propulsion scheme, within the considered mission, a sketch of the spacecraft size, mass and power system is provided.
The external layout of the spacecraft is modeled as a rectangular box, with a square crosssection of 0.5 × 0.5 m 2 and a length of 1 m or more, similar to the elongated shape of the GOCE spacecraft. The assumed aerodynamic drag coefficient is 2.5.
The total mass of the spacecraft is assumed to be 100 kg, including 12 kg of propellant mass.
The Hall thruster, the cathode and the Power Conditioning Unit (PCU) have a mass of less than 3
kg. The mass of the Xenon resistojet plus its power regulator can be estimated in 1 kg. The tank storing up to 12 liters of Xenon and all the valves, tubing, harness can be limited to additional 3 kg. Therefore, the propulsion system has a dry mass of less than 7 kg. Including the propellant, the whole propulsion system mass will not exceed 20 kg, i.e. about 20% of the total spacecraft mass.
Power is supplied by triple junction solar cells with an efficiency of about 28%, a packing factor of 0.85, and a 3% power degradation over the expected mission life. Given these figures, it is possible to consider solar arrays with a surface area of less than 0.4 m 2 and a mass of about 2 kg, able to provide at least 100 W power at end of life. The external layout of the spacecraft can host a solar array installation of at least 1 m 2 , whose total supplied power is largely sufficient for the proposed payload and propulsion needs. A battery system of 150 Wh/kg based on Li-ion cells is feasible for the proposed design.
The Hall thruster system is operated so that the supplied thrust can be changed about every 10 seconds. Several approaches have been proposed in literature in order to provide fast response times for this class of thrusters. Fast flow control valves (e.g. piezoelectric valves or digital MEMS actuators) can be used to quickly change the propellant flow, which in turn provides changes in the thrust (for fixed anode voltage). As an alternative, a high frequency variation (more than 10 Hz), can be obtained by pulse width modulation [18, 19] . Thrust variation can also be obtained by operating on the anode voltage through the PCU, at fixed propellant flow rate. This is the approach we refer to in this work and is feasible for the required 0.1 Hz variation rate. Indeed, for the thrust range reported in Table 2 , given the Hall thruster technology characteristic, a minimum thrust of provides a specific impulse of more than 1000 s, as expected. For a 6 mN thrust, one can increase the applied voltage to about 500 V, keeping constant the propellant flow rate, and therefore the current. Then, the specific impulse will significantly increase over the assumed 1000 s.
III. Spacecraft model
This section describes the 6-DoF nonlinear simulation model that has been developed for the proposed mission scenario. This model includes the perturbed translational and rotational spacecraft dynamics, sensors and actuators.
A. Reference frames
Two Earth centered and two spacecraft centered coordinate frames are used in this work for the simulation of point mass and attitude dynamics, respectively. The Earth centered frames are the inertial (ECI) and the Earth fixed (ECEF) frames. The satellite centered frames are the Frenet and body-fixed frames. Vectors with capital letters as superscripts indicate the coordinate frame representation of the vector. Vectors with no superscripts are intended in the inertial reference frame. Rotations between two frames are expressed by rotation matrices R or quaternions q. The scalar portion of the quaternion is the first element and the quaternion multiplication is defined such that q AC = q BC • q AB corresponds to the sequence of rotations R AC = R BC R AB .
B. Spacecraft dynamics
The simulation model state is a 14-dimensional vector which includes the inertial position r and velocity v, the quaternion q IB defining the orientation of the spacecraft with respect to the inertial frame, the spacecraft angular rate ω B defined in the spacecraft body reference frame, and the spacecraft mass m. The equations which describe the dynamics of the state vector are:
The considered orbit disturbance effects are due to the main perturbations acting on spacecrafts at low altitudes [20] . The gravitational and drag perturbations are specified by the disturbance accelerations a g , a d and torques τ g , τ d . The minor perturbations, such as solar radiation pressure (SRP), luni-solar attraction and magnetic disturbances, are accounted for through the terms a e and τ e . The perturbations are computed according to the following mathematical models.
• Earth's non-spherical gravity field: A spherical harmonic expansion EGM96 [21] up to degree and order 24 for the disturbance acceleration and a spherical mass distribution for the gravity gradient torque computation are considered.
• Atmospheric drag: The Jacchia-71 model [22] is employed to approximate the atmospheric density. High solar activity (F 10.7 = 220) is considered, providing a worst-case scenario for the simulation. The drag force acting on the satellite is computed using the mean cross-sectional area, while the aerodynamic torque depends on the satellite layout and orientation [23] .
• Solar radiation pressure: The solar radiation pressure value accounts for the Earth's orbit eccentricity and eclipse conditions [24] . A Cannonball model is employed for the translational dynamics while the solar radiation torque is related to the offset between the satellite center of pressure and center of mass.
• Earth's magnetic field: Magnetic disturbance torques result from the interaction of the spacecraft residual magnetic field and the geomagnetic field, described by the IGRF95 model truncated to degree and order 9 [25] .
• Luni-solar attraction: Disturbance accelerations due to lunar and solar point mass gravity field are considered. The position of the Sun and the Moon is obtained through precise ephemerides [26] .
C. Sensors
Based on the sensing configuration described in Section II B, GPS position measurements are used for absolute position estimation. For attitude determination, combined continuous gyro measurements and discrete star-tracker measurements are employed [27] .
GPS
A GPS receiver supplies position measurements to the navigation filter. The measured spacecraft absolute position from the GPS is modeled as the true absolute position (in the ECEF frame)
plus sensor noise w E r :ř
The covariance of the GPS noise, in absence of dilution of precision information, is assumed to be:
Gyro
The gyro model is based upon a package of three orthogonal strapdown gyros, each measuring the spacecraft angular velocity along its input axis. The input axes are chosen to be coincident with the spacecraft body axes. The measured angular rateω B is defined in terms of the true angular rate ω B and measurement uncertainties. These include white Gaussian noise w 
The gyro bias is modeled as a Ornstein-Uhlenbeck process with a large time constant τ b [28] :
The covariances of the white-noise processes w 
3. Star-tracker
The star-tracker measures the absolute orientation of the spacecraft. The star-tracker frame is supposed to be aligned with respect to the spacecraft body frame . Sensor noise is modeled as a small rotation vector w B θ [28] . The output of the star-tracker is thus a quaternion of the form:
where δq(w
T and the measurement noise covariance is:
D. Actuators
The satellite is equipped with the set of actuators reported in Table 2 : momentum wheels for attitude control and a hybrid electric thruster (Hall effect and resistojet) for translational control.
The propulsion system is supposed to be aligned with the satellite body axes, so that control torques and accelerations are uncoupled. 
The covariance of the thrust noise is:
Resistojet
A low power resistojet, aligned with the cross-track direction, is employed to control the orbital plane inclination and the right ascension of the ascending node. The thrust is applied in short bursts. Other sources of acceleration are considered negligible, so that one burst is approximated by an impulsive velocity change ∆v u . The impulsive ∆v u is obtained from the commanded ∆v c , including error sources such as thruster noise w ∆v , scale factor bias f ∆v and thrust alignment error B ∆v :
The covariance of the impulsive thruster noise is:
Momentum wheels
Momentum wheels provide the torques τ B u needed to change the attitude of the satellite. The considered attitude control strategy requires the generated torques to be independent, with respect to the satellite body axes. Hence there is one momentum wheel per axis. The torque generated by the momentum wheels, for a commanded torque τ 
The covariance of the momentum wheels noise is:
IV. Guidance, navigation and control
The proposed GNC system includes autonomous orbit and attitude determination and control algorithms. The navigation solution is an extended Kalman filter based on a simplified spacecraft dynamic model, which provides estimates of the spacecraft absolute position and attitude. The autonomous orbit control problem is formulated as a leader-follower formation flying control problem in which one spacecraft is virtual and not affected by non-gravitational perturbations as in [14] . To this aim, a reference trajectory is numerically computed from the nominal orbital elements. An efficient thrusting strategy is then developed using mean orbital elements control theory, while attitude control is carried out using a proportional derivative feedback law. Figure 1 shows the block diagram representation of the GNC system. 
A. Navigation
A continuous-discrete extended Kalman filter is adopted for autonomous navigation [29] . The navigation filter processes GPS measurements and attitude data from gyros and a star tracker to estimate absolute position, velocity and attitude of the spacecraft. The navigation state is a 13-dimensional vector, which includes the inertial positionr, the inertial velocityv, the quaternion q IB defining the orientation of the spacecraft with respect to the inertial frame, and the gyro biaŝ b B ω : The filter state does not contain angular velocity and mass. The difference between the gyro output and the estimated gyro bias is used as an estimate of the angular velocity state [28] :
Mass is assumed to be directly measured by on-board instruments. The dynamic model used to propagate the navigation state is:ṙ
where the estimate a J2 (r) of the gravitational disturbance acceleration a g , in equation (2a), accounts only for the J2 harmonic of the gravity field, which is the major perturbing term. It should be noticed that no control and drag accelerations are considered in equation (22) , because the resultant from the interaction of the thrust acceleration p u /m with the aerodynamic drag a d is assumed to be negligible for the considered mission scenario. The disturbance term a e in equation (2a), which represents the effects of the minor orbital perturbations, is also neglected. The uncertainty introduced by these assumption is modeled as white process noise w a , with covariance given by:
To avoid covariance singularities due to the quaternion unit-norm constraint, a modified estimation error vector m is adopted to propagate the covariance matrix and to update both the state and the covariance matrix of the filter:
In the modified estimation error vector, the attitude error is parametrized by the three-dimensional rotation vector θ B , instead of being expressed in quaternion form [28] . If the quaternion estimation error is small, it can be approximated as:
Using the linearized Bortz equation [30] and assuming that gyro scale factor bias and misalignment errors in equation (8) are negligible with respect to gyro noise, it is possible to approximate the attitude error dynamics as:θ
The covariance matrix P = E [ m m T ] of the filter is propagated according to:
Making use of equation (28) together with the model equations (21), (22) and (24), the modified Jacobian matrix F can be expressed, with respect to m, as:
The process noise covariance is a block diagonal matrix Q defined by:
where Q a , Q ω and Q bd are given by equations (25), (10) and (11), respectively. When an impulsive ∆v maneuver occurs, the filter state vector and covariance matrix must be modified according to 
where
When measurements are available, the attitude estimate is updated by using a multiplicative approach, while the classical update equations are adopted for the other states:
The filter covariance is updated according to:
The measurement noise covariance matrix S is generated according to the noise covariances associated to the measurements used in the update step (GPS, star-tracker), as specified in Section III C.
The measurement residualsz and the observation models H used by the filter are given next.
GPS measurements
The measurement residual for the GPS measurements is expressed as:
The Kalman filter estimate of the GPS measurements is based on the model of equation (6):
where the rotation from the inertial to the ECEF frame is supposed to be known. Hence, the GPS measurement matrix is simply given by:
Star-tracker measurements
A simple way to present the information in the measured quaternion to the Kalman filter is in terms of the three dimensional rotation vector parametrizing the estimated attitude error. Therefore a derived measurement [28] is calculated, which expresses the measurement residual as follows:
The estimated star tracker measurements can be defined, with respect to the error state vector, as:
, sinceθ B− = 0 in the pre-update phase.
B. Guidance
Based on the nominal orbit and attitude, described in Section II A, the guidance algorithm specifies the desired spacecraft inertial position and velocity, as well as its orientation and angular velocity.
Reference trajectory
The osculating reference trajectory is computed by integrating the following spacecraft equations of motion:ṙ
The gravitational disturbances are included in the reference dynamics through the acceleration term a g (r), which accounts for the Earth's non-spherical gravity field, modeled using the spherical harmonic expansion EGM96 up to degree and order 9. The initial integration condition is obtained from the initial orbital elements, shown in Table 1 . These mean orbital elements are first converted to the corresponding osculating orbit elements, according to Brouwer's artificial satellite theory [31] , then the well-known transformation between osculating orbital elements and inertial states (position, velocity) is applied [32] .
Reference attitude
The reference attitude depends only on the current inertial position and velocity of the spacecraft, thus it is independent from the reference trajectory. Based on the filter estimates, the rotation matrix from the inertial to the Frenet reference frame can be expressed as:
For attitude control purposes, the reference attitude is parametrized by a quaternion:
The angular rate of the spacecraft has finally to match the Frenet frame rotation rate ω F F , expressed in the body frame:ω
For a nearly circular orbit, the Frenet frame rotation rate around its Y axis can be approximated as:
C. Control
Orbital station-keeping
The autonomous orbit control problem has been addressed in the literature using feedback control laws based on either Cartesian coordinates [33] or orbital elements [14] . Cartesian feedback laws are typically suitable for drag compensation of very low Earth orbit satellites, demanding a continuous thrust, whereas orbital elements feedback laws can be applied to general-purpose stationkeeping maneuvers, using continuous and impulsive thrusters. The propulsion system considered in this paper consists of electric propulsion devices nominally aligned to the Frenet frame, with no thrust available in the normal direction. This configuration limits the use of Cartesian control laws, which cannot be easily modified to account for a lack of normal thrust. Therefore an orbital elements based control is adopted. Following the same approach taken in [34] , the control law is formulated in terms of mean orbital elements, rather than osculating orbital elements, so that differential oscillation (with respect to the virtual spacecraft on the reference orbit) due to short periodic gravitational perturbations are not treated as tracking errors.
Based on the simplified Gauss' variational equations of motion, adapted for near-circular orbits [35] , the mean orbital elements dynamics can be expressed as:
where e = [a, e x , e y , i, Ω, u ] T is the mean state vector and a F c is the commanded acceleration in the Frenet frame, which is approximately aligned to an LVLH frame for the considered satellite orbit. The plant matrix A(e) describes the uncontrolled behavior of the mean orbital elements and the control input matrix B(e) is given by:
where n = µ/a 3 is the mean motion. The tracking error vector δē is defined as the difference between the reference and estimated mean orbital elements:
In order to compute δē in (54), the reference and estimated inertial states are first transformed into corresponding osculating elementsē o andê o . Then, the osculating elements are converted to the corresponding mean elementsē andê by using Brouwer's analytical transformation [31] .
The problem of driving to zero the tracking errors δē can be tackled by using a nonlinear regulator in the form:
where K c is a diagonal matrix of positive gains [36] . If the gain matrix is large enough to compensate for differential disturbances (A(ē) − A(ê)), and perfect information (ê = e) is assumed, this control law guarantees asymptotic tracking of the reference orbital elements (see [34, 37] for a thorough
Lyapunov-based theoretical analysis). Unfortunately, it demands continuous thrust along the intrack, cross track, and normal directions, while the propulsive scheme considered in this paper can provide limited continuous thrust only in the in-track direction. Therefore, an alternative hybrid continuous/impulsive control scheme is proposed in the following, by taking into account the structure of the matrix B(e) and the specific features of the considered mission.
The proposed in-track control law is formulated by excluding cross-track and normal thrusting from the nonlinear controller of equation (55), which therefore takes on the form
T , where p c is the commanded thrust in (14) and can be explicitly written as p c =m nâ
Such a control law has to be modified in order to compensate for the steady state tracking error of the semi-major axis arising from drag, which is a non-zero mean disturbance. This can be done by adding an integral term on the semi-major axis error. Then, according to (55) one has p c =m nâ
where K I is a positive gain. From equations (52)- (53), it follows that a lack of normal thrust, together with a nearly polar orbital inclination, results in an uncontrolled dynamics for the mean argument of latitude u. A possible way to overcome this issue is to force a different reference a for the semi-major axis. Since for nearly circular orbitsu ≈ µ/a 3 , it can be verified that by choosing
with K u being a positive constant, results in an asymptotic stable dynamics for the mean argument of latitude error δū [38] . Hence equation (56) must be modified by replacing δā with δa = a −â.
Notice that, from (57), when δū vanishes the modified reference a of the semi-major axis matches the reference valueā, and hence δa = δā as desired.
The inclination i and the right ascension of the ascending node Ω are controlled via the crosstrack impulsive control scheme (16) provided by the resistojet. From equations (52)- (53), it is evident that the efficiency of an impulsive cross-track maneuver for i and Ω adjustments is maximized when the spacecraft passes through the equatorial (u = kπ) and polar (u = kπ + π/2) regions, respectively [39] . The proposed approach consists in applying a sequence of impulsive burns at u = π orû = 3 2 π whenever the tracking errors δī or δΩ exceed a predefined control window. The sequence of burns is stopped when the corresponding tracking error reaches the lower bound of the control window. The commanded delta-v, corresponding to a single burn, is:
where ∆v c is the commanded delta-v in (16), p ∆ is the maximum nominal thrust of the resistojet and ∆t v is a small firing time.
Attitude control
Attitude control is carried out by using a classical proportional derivative feedback law. The commanded torques, needed to keep the nominal attitude, are given by:
where the attitude tracking error is parametrized by the three-dimensional rotation vectorθ B , which is obtained from the vector part of the attitude error quaternion as:
V. Simulation results
The reference mission has been simulated in order to validate the proposed GNC solution and to evaluate the performance of the hybrid propulsion system. The truth model, navigation state and reference dynamics are propagated for 20 days using a fourth-order Runge-Kutta integration method. The most significant navigation and control parameters are shown in Table 3 , while the specifications of sensors and actuators are summarized in Table 4 . The standard deviation σ bd in (11) has been computed from the standard deviation of the gyro bias σ b available from the sensor specifications, according to the asymptotic relationship σ hr. The orbit control gains are selected in order to satisfy the Hall thruster output limitations and Integral gain KI = 3.5 · 10 
A. Navigation system analysis
The performance of the proposed Kalman filtering scheme is evaluated in terms of the inertial position and attitude determination errors, shown together with their 3σ confidence intervals in 
B. Closed loop system analysis
The closed loop system analysis accounts for the effects of a realistic truth model, sensors, actuators and GNC flight algorithms. Since the orbit control requirements are specified in terms of inertial states, the control system performance is presented, in Figure 4 , in terms of osculating position tracking error, even if the control laws are developed in the mean orbital element space. This is consistent with the reference trajectory generation scheme. The in-track component of the error, which is proportional to the mean argument of latitude error, has the major impact on the satellite distance from the reference orbit, being controlled passively with an accuracy of about 400 m. The cross-track component is strongly influenced by inclination and right ascension of the ascending node errors: the achieved 250 m accuracy is a function of the impulsive control window size. The normal component is controlled with the accuracy of less than 50 m, reflecting the semi-major axis error. Figure 5 shows the satellite distance from the reference orbit, whose root mean square value is 220 m (neglecting the transient phase). The attitude tracking error, whose components are bounded between ± 0.2
• , is depicted in Figure 6 . These results show that the control requirements are satisfied.
The performance of the proposed propulsion system is depicted in Figure 7 , in terms of the 
VI. Conclusions
The paper has proven that electric propulsion systems can be effective for autonomous station keeping in low Earth orbit missions. The considered Hall effect thruster is able to counteract the in-track component of atmospheric drag for a sufficiently long mission lifetime. The proposed hybrid continuous/impulsive propulsion scheme permits to compensate also the cross-track perturbations, by using a low power resistojet which is fed by the same propellant tank. This provides a suitable trade-off between thrust efficiency and complexity of the spacecraft internal layout. The simulation results demonstrate the viability of the proposed solution, in terms of both accuracy of the guidance, navigation and control scheme, and performance of the propulsion system. It is believed that this type of technology will play a key role in a number of future low-cost missions for remote sensing and Earth observation.
